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Computational Study of Transition Front on a Swept Wing
Leading-Edge Model
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The linear stability of fully three-dimensional supersonic boundary layers formed over a swept wing leading-
edge region was investigated. The geometry represents a model which is to be utilized for transition studies in
the NASA Langley M = 3.5 supersonic low-disturbance pilot tunnel. Estimates of the location of the onset of
transition were made using the ¢¥ method with mean flow profiles computed as solutions to the Navier-Stokes
equations. Modes with the highest integrated amplification rates were traveling crossflow disturbances with
frequencies in the range of 30—40 kHz. Calculations were performed with parametric changes in angle of attack,
freestream Reynolds number, boundary-layer suction levels, and wall cooling. The influence of these parameters
on transition is important in the design optimization of natural or forced laminar flow control on a swept
supersonic wing. Distributed suction was found to stabilize the boundary layer to below N = 10 levels over the
entire model. Wall cooling and reduced freestream Reynolds numbers also had stabilizing effects. Increase in
angle of attack had only a mildly destabilizing effect for this model in the range studied.

Nomenclature

C, = pressure coefficient

M., U, = freestream Mach number and velocity

N = N factor

P = pressure

q, = suction rate, (p,v,)/(p.U..)

Re r = crossflow Reynolds number,
('U éF,max)(S 31)/(V:)

Re, = freestream Reynolds number per unit length,
U.lv,

s = arc length along surface from neutral point to
transition

T = temperature

u, v, w = velocities in the streamwise, spanwise, and

) normal directions

V., = complex group velocity

Uep = velocity in the crossflow direction (orthogonal
to the local edge streamline)

X, Y, Z = Cartesian coordinates

x,y,z = boundary-layer coordinates in streamwise,
spanwise, and normal directions

a = angle of attack

& B = wave numbers

854 = value of z* above which vee < 0.1 Uep max

8% g0s = boundary-layer thickness corresponding to
99.5% of edge absolute velocity

A = wavelength

v = kinematic viscosity
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P = density

o = spatial growth rate
U = wave orientation

; = temporal growth rate
o, = real frequency
Subscripts

c = neutral point

e = boundary-layer edge
t = transition point

w = wall quantity

! = 9/8z

ke = freestream quantity
Superscripts

*

= dimensional quantity
= sinusoidal component

A

Introduction

AMINAR flow control (LFC) by passive, active, or hy-

brid techniques has the potential for achieving significant
fuel savings in future supersonic transports.! However, the
technical challenges in achieving significant amounts of lam-
inar flow on a highly swept supersonic wing are substantial.
In addition to streamwise amplification of disturbances of the
Tollmien-Schlichting (TS) type, the high degree of sweep gen-
erates a substantial amount of crossflow within the boundary
layer (BL). This leads to the amplification of crossflow dis-
turbances as another route to transition to turbulence.

The design of a supersonic swept wing with large extent of
laminar flow is a function of many parameters such as sweep
angle, angle of attack, freestream Reynolds number, and wing
cross section. Attachment line contamination and the result-
ing leading-edge transition are also important factors in swept
wing design. In addition, incorporation of active LFC involves
parameters such as suction rate and its distribution, as well
as the wall temperature. Real world application is further
influenced by wing surface quality (waviness and roughness)
and receptivity to freestream turbulence and acoustic dis-
turbances.
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A key factor in the design of LFC applications is the ability
to accurately estimate the location of the onset of transition
over complicated geometries. This is a difficult task and is a
subject of current research in high-speed aerodynamics.
Methods commonly used in the aircraft industry for transition
prediction are often based on simple correlations such as max-
imum values for the momentum thickness and crossflow Rey-
nolds numbers. If more reliable estimates are needed, as in
the present work, linear stability theory and the e™ method
may be employed.? The method relies on correlations between
the most amplified single normal mode disturbances and ex-
perimentally determined locations for the onset of transition.
Linear stability calculations can provide useful information
regarding the effect of angle of attack, Reynolds number, wall
cooling/heating, suction/blowing, etc. on boundary-layer sta-
bility. However, the method cannot account for such impor-
tant factors as receptivity to freestream disturbances and sur-
face roughness.

Most previous studies employing linear stability theory have
been restricted to two-dimensional or axisymmetric flows, or
have considered simple three-dimensional mean flows (e.g.,
rotating disk, swept wing with straight isobars etc.). A concise
summary of many of these studies has been given by Malik.?
The limitations have been primarily due to the difficulty in
obtaining the accurate mean flows necessary for meaningful
stability analysis over complicated geometries. Exceptions to
these limitations include the linear stability calculations of
fully three-dimensional low-speed boundary layers over fuse-
lage-type configurations.*~¢ The development of accurate so-
lution algorithms for high-speed flows based on the solution
of the Navier-Stokes (NS) equations means that stability anal-
ysis of a wider variety of practical configurations is now pos-
sible. Thus, taken together, accurate NS solution algorithms
and linear stability theory can provide important design tools
for future LFC applications.

For the work to be presented here, linear stability theory
and the e” method were used to estimate the location of the
onset of transition for an experimental model of a supersonic
swept wing leading edge. The mean flow of highly swept wings
is strongly three-dimensional. Since the infinite swept wing
approximation was not strictly valid in this case, the approach
used here is to compute the mean flow by solving the NS
equations. The resulting profiles were then recast in bound-
ary-layer coordinates and stability calculations were per-
formed using a version of the linear stability code COSAL
(modified to accept fully three-dimensional boundary layers).”
Analysis of linear stability with parametric changes in free-
stream conditions («, Re..) was carried out. The effectiveness
of stabilizing streamwise and crossflow instabilities by wall
suction and cooling (parametric changes in g, and T,) was
also investigated. The effect of normal grid refinement on
stability prediction was also determined.

Experimental transition studies on the model are being per-
formed in the NASA Langley M = 3.5 supersonic low-dis-
turbance pilot tunnel (SSLDPT). Results of the present study
are being used to determine the test envelope, instrumenta-
tion, and measurement requirements for the experimental
study.

Numerical Method

The goal of linear stability theory is to determine the re-
sponse of a predetermined mean flow to an infinitesimally
small disturbance. In this work, the mean flow is taken to be
the solution of the compressible thin-layer NS equations. Due
to the presence of large crossflow, crossflow reversal, and
difficulty of specifying accurate initial and side boundary pro-
files, three-dimensional boundary-layer solutions do not pro-
vide the accuracy required in the present case. A finite volume
upwind-differenced NS solver (CFL3D) has been employed
for this purpose.® The code has been extensively used for flow
calculations at Mach numbers ranging. from subsonic to hy-

personic. Reference 9 discusses the accuracy of the code when
compared with a central-differenced solver. Mean flow so-
lutions are calculated in terms of Cartesian velocities, tem-
perature, and density profiles based on a general curvilinear
grid. To perform the stability analysis, boundary-layer-type
contravariant velocity profiles on a surface-normal grid are
needed. This transformation is accomplished through an in-
terface program. Details of this interface program and an
assessment of the accuracy of the solutions generated using
CFL3D for the purpose of stability calculations are given in
Ref. 10.

The linear stability analysis of three-dimensional compress-
ible boundary layers involves the solution of an eigenvalue
problem for an eighth-order system of ordinary differential
equations. These equations are derived from the compressible
NS equations using small disturbance theory. Flow variables
are each decomposed into a steady term and an infinitesimally
small term of sinusoidal form, and are substituted into the
NS equations. By assuming a locally parallel flow, and by
neglecting higher order terms and subtracting out the terms
for the undisturbed steady mean flow, a set of five ordinary
differential equations is obtained. The set may be expressed
as

(Ad2+Bd+C>'—0 1
dz? dz ¢ 0
where ¢ is a five-element vector defined by [ai + B9, W,
P, T, ad — Bd]. The elements of the A, B, C matrices are
given in Malik and Orzag.!! From the set of five equations
(Eq. 1), it is possible to obtain (by eliminating pressure) a set
of four second-order equations or a system of eight first-order
ordinary differential equations (although in the present anal-
ysis, the equations are solved in their original form). The
system is solved subject to the boundary conditions:

b =¢,=¢,=¢;=0 at
b1, &2, bu, s — 0 as

z=20
()

Z—> ®

In the present work, the equations are solved using a modified
version of the computer code COSAL which utilizes a second-
order finite difference formulation on a staggered grid, elim-
inating the need for pressure boundary conditions.

Given the Reynolds number, the above system provides a
complex dispersion relation of the form

» = (4, ) &)

For the temporal formulation used in COSAL, wave numbers
a and B are real, while w is complex. The dispersion relation
contains four arbitrary parameters: &, 8, o,, and w, Two
conditions are provided by the complex dispersion relation.
Two more conditions are needed to remove the arbitrariness
in the problem. One is that the real frequency f is held con-
stant, which fixes w,. The second results from the requirement
that w, be maximized with respect to the wave orientation and
the wavelength (the “envelope method”).

To compute the N factors, the temporal growth rate is
transformed to a spatial growth rate using the group velocity
transformation'?

o = [w/|Re(V,)]] 4

The N factors used in transition correlation are then computed
<
as

N=f}m (5)

The integration is carried out in the direction of the group
velocity vector.
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Table 1 Summary of cases studied

Case 1 Baseline case: a = 0 deg, Re.. = 2.4 mil-
lion/ft, g, = 0, T\, = Togiavae

Case 2,3, 0r 4 Same as case 1, except @ = 1.5, 3, or 4.5
deg

Case 5 Case 1 with uniform suction, g, = 0.0004

Case 6 Case 1 with distributed suction, g, = 0.0012
1 0.0001

Case 7or 8 Same as case 1, except T,,/T. = 2 0or 2.6

(cold wall)
Same as case 1, except Re, = 1.2, 4, or
6 million/ft

Case 9, 10, or 11

Case 12 Case 1 with larger normal grid resolution
Length in inches
00 3.0 6.0 9.0 120 150
6.0}
3.0
0.0

Upper Surfac

Symmetry Section
Fig. 1 Supersonic swept leading-edge geometry.

Geometry and Conditions

The geometry corresponds to a 15-in. model of a supersonic
swept wing leading edge which is installed in the NASA Lang-
ley SSLDP Tunnel. The leading-edge sweep is 77.1 deg, re-
sulting in a leading-edge normal Mach number of 0.78. The
model (Fig. 1) is a laterally symmetric representation of the
first 6.25% chord region of a highly swept supersonic wing.

The nominal conditions at which calculations were initially
obtained are as follows: &« = 0 deg, P, = 393 psf, T,, =
162.3°R. This results in a Re,, value of 2.4 million/ft. The wall
condition for this “baseline” case is adiabatic and zero suction.
Several other cases corresponding to one-parameter changes
relative to the baseline case were considered. The purpose of
these additional calculations was to investigate the effect of
control techniques such as wall suction and wall cooling on
the stability of the boundary layer. Effects of varying the angle
of attack and Re,. were also investigated. Grid resolution stud-
ies were also performed. A summary of these cases is given
in Table 1. The Navier-Stokes code employed (CFL3D) is a
vectorized code optimized for CRAY application. In all the
cases considered (including suction cases), full convergence
was obtained in 2-3 h of CPU time. Convergence was ac-
celerated by use of the multigrid option in the code, time-
stepping and by the use of the maximum allowable CFL num-
bers. Convergence was assured by monitoring the profiles,
skin friction, and wall temperature values until they showed
little change with iteration. Convergence is also accelerated
by using a converged result from another appropriate case as
the starting solution.

Results

In all cases, the grid employed for the calculation of the
mean flow contained 97 points in the spanwise direction and
53 points in the streamwise direction. The number of points
included within the boundary layer in the wall-normal direc-
tion varied with respect to the location on the wing leading
edge, but was generally about 30. An assessment of the grid
resolution in the wall-normal direction is given at the end of
this section. The results presented here are for the upper
surface on the wing, since this is the region of principal im-
portance in LFC applications.

Figure 2a shows a contour plot of the pressure coefficient
distribution on the upper surface for the baseline case (note

— Wall
b) —— BL Edge

Fig. 2 Swept leading-edge case 1 mean flow results: a) pressure coef-
ficient on upper surface and b) boundary-layer edge and limiting (wall)
streamlines.

that the upper surface is shown upside down in this and the
following figures to better show the region of interest). The
pressure contours are essentially parallel to the leading edge,
except very near the apex and the symmetry plane. This large
pressure gradient normal to the attachment line, coupled with
the high degree of wing sweep, gives rise to large levels of
crossflow within the boundary layer. In Fig. 2b limiting
streamlines at the wall and the boundary-layer edge stream-
lines are shown. The large extent of turning of the flow in the
boundary layer near the attachment line is evident. At its
maximum, the crossflow velocity is approximately 8% of the
edge velocity. This turning, or crossflow, develops due to the
deflection of the low-momentum fluid near the wall in the
direction of decreasing pressure.

The crossflow Reynolds number is often used as a param-
eter to correlate transition. For incompressible flows, a Rer
value of 200 represents an approximate upper limit for the
existence of laminar flow.”-1* As compressibility becomes im-
portant, this upper limit on crossflow Reynolds number in-
creases drastically.' This is due primarily to the effect of Mach
number on boundary-layer thickness, and hence, the length
scale used in the definition of Recg. Taking this into account,
a scaled crossflow Reynolds number may be defined as, Reqy
= [1 + My — 1)/2)Recp,;, where Recg ;is the incompressible
value with an upper limit of 200 for laminar flow. For the
present case (M, = 3.2), this results in an upper limit of 500—
600 for Recg.

Plotted in Fig. 3a are contours of constant crossflow Rey-
nolds number for the baseline case. Maximum values are in
the range of 500, and therefore, it is expected that crossflow
will have a large influence on the stability of the boundary
layer. Shown in Fig. 3b are contours of Rep for &« = 4.5 deg
(case 4). Here, it is noted that the maximum values of Recp
have increased to 1200 and that the levels near the leading
edge are also much higher. The increase in Res near the
symmetry plane indicates crossflow reversal resulting from
the suction peak which begins to develop at this higher angle
of attack. The effect of this on the stability and (estimated)
transition front of the boundary layer is of interest. Shown in
Fig. 4a is the spanwise variation of C, at X = 14.8-in. from
the apex for cases 1-4 as « is increased. Figure 4b is a cor-
responding plot of the displacement thickness. The larger
pressure gradients with increasing o create larger crossflow
while the boundary layer also thickens appreciably, both fac-
tors being destabilizing. The @ = 3 and 4.5-deg cases also
show suction peaks, causing the crossflow to reverse near
these locations, as noted previously.

Presented in Figs. 5a and 5b are a series of N factor traces
for the configuration designated as case 1. Each trace rep-
resents a series of eigenvalue calculations at approximately
20 streamwise locations. The mode computed at each location
was such that the growth rate was maximized with respect to
wave angle and wavelength (the envelope method). The in-
tegration path to the next location was given by the direction
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Fig. 3 Crossflow Reynolds number on the upper surface of swept
leading edge, M, = 3.5, Re. = 2.4 million/ft: a) « = 0 deg and
b) @ = 4.5 deg.

0.10p Attachment Line ﬁ
Sp
Section D at X=14.8"

0.051

a=0°1.5°3.0°,4.5°

a increasing

0.00

) .Y(in.). L

a) 095753 5 25 35
Displacement

0.121 Thickness ()
Section D at X=14.8"

0.07
Attachment

Linej

0.02|

.Y (in.) i )
b) 0.5 15 2.5 35

Fig. 4 Spanwise variation of a) C, and b) displacement thickness,
with a.

b)

Fig. 5 N Factor calculations for case 1, « = 0 deg: a) f = 40 kHz
and b) f = 0 KHz.

of the group velocity vector. For the traces shown, N = 0 at
the initiation of the trace (the neutral point for three-dimen-
sional disturbances at a given frequency). The traces were
terminated when N reached a value of 10 (unless the aft
portion of the body was reached first).

The results are presented for disturbance frequencies of 40
kHz (Fig. 5a) and 0 kHz (stationary disturbances) (Fig. 5b).
The results for the 40-kHz disturbance indicate that the tran-
sition front is essentially parallel to the leading edge. The
reduced level of crossflow near the symmetry plane results in
N = 10 values being reached further downstream in this re-
gion. This explains the wedge-shaped transition front shown
in Fig. 5a. When stationary disturbances are considered (Fig.
5b), N < 10 over the entire wing. The values of N ranged

between 5-7 at the trailing section of the model. Thus, dis-
turbances with the highest integrated growth rates are rela-
tively high-frequency traveling disturbances. Of course, the
final disturbance levels are dependent on the amplitude of
the initial internalized disturbances, and, lacking this knowl-
edge, the theory is unable to provide a definitive answer re-
garding the frequencies that will lead to transition. At any
rate, due to much lower amplification rates, transition is un-
likely to occur due to stationary crossflow disturbances (sub-
ject to the assumptions that the high frequency input dis-
turbances exist and that the input amplitude levels are uniformly
small across the frequency range). .

The 40-kHz frequency specified above was approximately
that frequency which first resulted in a value of N = 10. We
found that the growth rates were not highly dependent on the
value of the (higher) frequencies; i.e., by integrating growth
rates for frequencies ranging from 30 to 40 kHz, the location
where N reached 10 did not change significantly. This is dem-
onstrated in Fig. 6 in which N = 10 locations are shown for
40-, 30-, and 20-kHz disturbances. The estimated transition
fronts for the 30- and 40-kHz disturbance frequencies are
nearly identical. The estimated front is further downstream
for the 20-kHz case. The frequency response spectrum is thus
relatively flat in this range.

Calculations for the wing at 4.5-deg incidence (case 4) are
shown in Figs. 7a and 7b. Results shown in Fig. 7a represent
40-kHz disturbances, while those shown in Fig. 7b represent
stationary disturbances. Figure 7a indicates that [compared
to the case @ = 0 deg (Fig. 5a)] the leading tip of the estimated
location of the transition front has moved upstream, but the
spanwise location of the front remains nearly unchanged. This
behavior is somewhat surprising, considering the Recp distri-
butions shown in Figs. 3a and 3b. Those figures indicated a
significant increase in Re.g levels near the leading edge as «
is increased. Thus, one would have expected earlier transition,
assuming that the process was crossflow-dominated. The in-
tegration distance was shorter, but the spanwise displacement
from the leading edge, for values of N = 10, remained nearly
unchanged at equivalent axial locations. For stationary dis-
turbances (Fig. 7b), the value of N ranges from 6.5-7.5 at
the end of the wing. These values are 10-20% higher than
those for the @ = 0-deg case.

We next investigate the effect of boundary-layer suction on
the estimated location of the onset of transition. Two cases

Fig. 6 Transition fronts for f = 40 and 30 kHz and f = 20 kHz for
case 1.

b)
Fig. 7 N Factor calculations for case 4, a = 4.5 deg: a) f = 40 kHz
and b) f = 0 kHz.



76 IYER, SPALL, AND DAGENHART: LEADING-EDGE MODEL

are presented (designated as cases 5 and 6). For case 5, the
suction rate g, = (p,v,)(p.U.) is specified as 0.0004 uni-
formly over the entire surface. For case 6, g, is specified as
a step function with g, = 0.0012 at the leading edge, dropping
to g, = 0.0001 where the local spanwise distance from the
leading edge is more than 10% of the local maximum span
distance (see Fig. 8a). The suction rates in cases 5 and 6 are
chosen such that the total mass flow rate in each case is ap-
proximately the same.

The effect of suction is to make the boundary layer thinner
and also to reduce crossflow, which results in bringing the
generalized inflection point closer to wall. Figures 8b and 8c
show the spanwise variation of the crossflow Reynolds num-
ber and the displacement thickness with no suction (case 1)
and with suction (cases 5 and 6). The Re. values are the
lowest for the distributed (stepped) g, case (the dip in this

01201 % Suction
0.100 | (95"100)
0.080}

0.060 -

Case 6

Leading Edge

0.040 Case 5

0.020

a) 0.00%_ '

500( Section D at X=14.8"

Recr X\ q¢=0 (Case 1)

250}

Distributed qg (Case 6)

b 00 10 20y (in) 30

Disp.
thk.(in. . .
0.10 in) Section D at X=14.8

Case 1

0.05

o %o 0 20 30

Fig. 8 Spanwise variation of a) input suction levels for cases 5 and
6, b) Recr, and c) displacement thickness, at X = 14.8 in.

curve corresponds to step change in suction). Displacement
thickness values are lower for case 6 near the attachment line
compared to cases 1 and 5. However, case 6 displacement
thickness values are larger than case 5 away from the attach-
ment line region (beyond the step change in g,). In Figs. 9a
and 9b we present the N factor traces for the suction cases.
For the uniform suction, N factor calculations (see Fig. 9a)
show that the streamwise location of the initiation of transition
is delayed considerably. The results for the stepped suction
distribution, as shown in Fig. 9b, reveal N factors < 10 over
the entire wing. Thus, suction is expected to be an effective
means of delaying transition for these high-frequency (trav-
eling) crossflow disturbances. Again, the N factors were not
highly dependent on the value of the frequencies for 30 kHz
= f = 40 kHz.

We next investigate the effectiveness of wall cooling in
stabilizing the boundary layer. Here, we have specified the
wall temperatures as 7T,/T.,, = 2 and 2.6 (cases 7 and 8, re-
spectively). For reference, the adiabatic wall temperature ra-
tio for case 1 is =3.1. It is well-known that wall cooling has
a considerable stabilizing effect for first mode instabilities.
This is a consequence of the streamwise velocity profile in-
flection point being drawn closer to the wall. However, pre-
vious studies have revealed that wall cooling has only a weak
stabilizing effect on crossflow instabilities at low supersonic
speeds.'® Figures 10a and 10b show the profiles of the normal
derivatives {(pu')’ and (pv’)’ at a location close to the leading
edge for the two cold wall cases, as well as the adiabatic wall
case (case 1). The streamwise profiles (Fig. 10a) show low-
ering of the generalized inflection point [(pu’)’ = 0] for case
8 and elimination of it for case 7 at this surface location. In

003
0.0z} Tw=Tadiab
T/ Te=26
o/ Too=20
0.01}
(pu’y
a) O%o66 4000 2000 0 2000
008 i
.02}
0.01} i
i
i .
}I (pV)
1) >%o00 2000 0 2000

Fig. 10 Profiles of a) second derivative (pu’)’ and b) second derivative
(pv’)’, at a point near the attachment line showing effect of cooling:
cases 1, 7, and 8.

S~
FLOW

b)

Fig. 9 N Factor calculations for a) case 5, ¢, = 0.0004 and b) case
6, g, = 0.0012 | 0.0001 (step function).

T~
FLOW

b)

Fig. 11 N Factor calculations for case 7 with wall cooling: a) f = 40
kHz and b) f = 0 kHz.
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the case of the crossflow profile, the inflection point cannot
be totally eliminated by means of wall cooling; however, there
is a mild stabilizing effect due to lowering of the inflection
point. Figures 11a and 11b show the N factors for 40 kHz and
stationary disturbances, respectively, for case 7 (T,/T.. = 2).
As was the case for the distributed suction, the wall cooling
has diminished the growth rates to the extent that N < 10
over the entire body. From this, one may conclude that these
high-frequency instabilities have a behavior similar to oblique
TS disturbances as well.

Finally, we look at the effect of freestream Reynolds num-
ber on the transition location. Calculations reported here are
for Re., values of 1.2, 2.4, 4, and 6 million/ft (cases 9, 1, 10,
and 11, respectively). From the mean flow perspective, the
effect of lowering Re,, is to reduce Re resulting from lower
freestream velocities. In Figs. 12a and 12b we show this effect
of Re,, variation on the displacement thickness and Recg. The
increase in boundary-layer thickness due to lowering of the
Re., is more than offset by the decrease in U.,, resulting in a
net decrease in Reqe. Note that changes in Re., do not affect
the C, distribution or the percent crossflow appreciably. Fig-
ures 13a and 13b show N factor calculations for Re., = 1.2
million/ft and Re., = 6 million/ft, respectively. The N factor
reaches values of 10 close to the leading edge for the higher

Re,,
Disp. Milliorvt.
0.20r Thk. (in.) —a— 6.0
—©—4.0
—w— 2.4

015+ Section D at X=14.8” ——12

0.10

0.05
a) %%5 1.0 2.0 3.0
Re,,
Million/ft.
1200} RecF —=— 6.0
——40
—~—24

1000 Section D at X=14.8" _, 1.2
800.
600.
400.
200, L F"%" 00
b) 098,

Fig. 12 Spanwise variation of a) displacement thickness and b) Re.y,
with Re..

b)

Fig. 13 N Factor calculations at f = 40 kHz for a) Re.. = 1.2 million/
ft (case 9) and b) Re.. = 6 million/ft (case 11).

Re., case, whereas N factor values are everywhere <7 for the
Re., = 1.2-million/ft case.

We now investigate the disturbance characteristics in greater
detail. We do this by investigating the characteristics of the
most unstable disturbances (at a given frequency) along six
of the traces for the conditions of case 1. In Figs. 14a and 14b
the evolution of the wave angle (measured with respect to
the inviscid streamline) and the evolution of the wavelength
are shown as a function of the axial distance. For stationary
disturbances (Fig. 14a) the most amplified wave angle varies
between 87-89 deg, depending on the axial location. These
wave angles are characteristic of pure crossflow-type distur-
bances. The wavelength (A/8, 405) ranges from =4 at the neu-
tral locations to =2 at the end of the wing. Again, these ratios
are typical of crossflow disturbances. For the 40-kHz disturb-
ances (Fig. 14b), the most amplified wave angles range from
70 to 80 deg, with the angle generally decreasing as the cal-
culations proceed in the streamwise direction. Thus, the wave
angles for these high-frequency disturbances are intermediate
between those generally associated with pure crossflow inst-
abilities and those associated with first mode instabilities. In
addition, the wavelengths are in the range of =5.5 at the
neutral point, decreasing to =4 at the end of the trace—
somewhat higher than those associated with crossflow-dom-
inated flows, but lower than those associated with first mode
TS type disturbances.

The issues of mean flow accuracy and smoothness are of
great importance in a stability calculation. The present ap-
proach of using the NS equations has the advantages that 1)
viscous interaction effects are included, and 2) complicated
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Fig. 14 Evolution of wave angle and wavelength of the most unstable
disturbances: a) stationary and b) f = 40 kHz.
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Fig. 15 Effect of normal grid resolution on stability parameters
(case 1).
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003 ¢ (in)
0.02}
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3 ;
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0031 * i)
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Fig. 16 Effect of normal grid resolution on the generalized inflection
point: a) case 1, @ = 0 deg and b) case 4, @ = 4.5 deg.

(i.e., nonanalytic) aerodynamic flows can be calculated. The
accuracy of solution is a function of the grid, the algorithm,
and convergence to steady state. The important issue for lami-
nar boundary layers is obtaining grid-converged results. !¢ Ref-
erence 9 compares the upwind-differenced code CFL3D with
a central-differenced code and concludes that 1) CFL3D is the
more accurate code for a given grid, and 2) depending on the
case, 49-65 points in the normal direction are adequate for
grid convergence as far as pressure and force coefficients are
concerned. As indicated in Ref. 16, larger normal grid res-
olution may be required for laminar boundary-layer profiles.

To resolve the grid resolution issue, and also to verify ad-
equate smoothness of the input boundary-layer profiles, the
case 1 calculation was repeated with 121 points in the surface-
normal direction (the 97 x 53 grid in the body surface di-
rections was considered adequate, and therefore remained
unchanged). This calculation produced mean flow profiles
which had on the average 60 points in the boundary layer,
compared to 30 points for the previous results. In Fig. 15, we
present the wave angle, wavelength, and N factor values cor-
responding to a single trace for the coarse and fine grid runs.
The results indicate that there is little variation in these sta-
bility parameters.

In Fig. 16 we present the second derivative profiles (pu")’
and (pv')’ at a location close to the leading edge (similar to
Fig. 10), for the coarse and fine grid mean flow computation.
The profiles corresponding to the fine grid have their inflec-
tion points shifted slightly outward at this location. However,
an examination of profiles at other locations revealed that
this difference is much smaller at other locations.

An optimum grid for a swept wing calculation such as this,
should then have about 30—50 points in the boundary layer,
representing an optimum tradeoff between accuracy and com-
putational cost. The results presented here correspond to the
lower end of this range. It may be noted that a finer grid does
not necessarily imply a smoother profile, especially close to
the wall. This is in contrast with classical boundary-layer so-
lutions, where profile smoothness increases directly in pro-
portion to increased normal grid resolution.

Summary

Linear stability calculations were made to estimate the lo-
cation of the onset of transition on a highly swept supersonic
wing leading edge which is to be tested in the NASA Langley
M = 3.5 SSLDP tunnel. The present study is essential in
determining the test conditions and measurement require-
ments for the experimental study. A parametric study was
performed to assess the effects of freestream conditions (angle

of attack, Reynolds number) and flow control techniques (suc-
tion and wall cooling). Navier-Stokes mean flow profiles were
used for the three-dimensional linear stability analysis, and a
grid refinement study revealed that 30-50 points in the boundary
layer provided adequate accuracy. The stabilizing effect of
suction and wall cooling were verified. The angle-of-attack
variation in the range studied did not produce any appreciable
change in the predicted transition front.

Linear stability analysis of a fully three-dimensional and
nonanalytic supersonic geometry using solution profiles from
the Navier-Stokes equations has been accomplished. This study
shows that for accurate supersonic laminar wing design, the
present approach of using Navier-Stokes solution is feasible
on reasonably sized grids. The present procedure does not
have the limitations on mean flow accuracy imposed by three-
dimensional boundary-layer methods.
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